Summary

An investigation has been conducted in the Langley 16-Foot Transonic
Tunnel to determine boundary-reflected disturbance lengths atslgversonic
Mach numbers in the octagonally shaped test section. A body of revdliuéibn
had a nose designed to produce a bow shock and flow field similar t@loatt
the nose of a supersonic transport configuration was used. The impingement of
reflected disturbances on the model was determined from static pressures
measured on the surface of the model. Test variables included Mauber
(0.90 to 1.25), model angle of attack (nhominally $10°, and 1C), and model
roll angle.

Results showed that the body, which had a blockage rati6.@®0575,
experienced interference associated with the reflection of the expansion field
generated by the forward portion of the model at the lower superddaich
numbers. The model lengths that would be free of the bow-dhogkdary-
reflected disturbance were determined at Mach numbers from 1.03 to W@@&n
compared to bow-shock reflection lengths previously obtained on cone-cylinder
bodies, it was found that the effect of the large nasgial-half-angle
(approximately 18) on reflection-free length was lessened by t¢oatinuously
decreasing local body half angle downstream of the nose. The variation of
reflection-free length with Mach number was fairly linear and showed essentially
the same trend as cone-cylinder data. Model angle of attack did not affect the
reflected-disturbance impingement point on the model since the cemntetatbn
for angle of attack was approximately the midpoint of the model. When the model
was rolled to direct the closely-spaced row of pressure orifices towartkssta
section slot no difference in pressure distributions was observed. Watiber
1.05 was set with and without the use of test section plenum suction and it was
found that flow removal from the test section through the slots did not affect
boundary conditions enough to be evident in reflection-free model lengths.

Introduction some extent on the details of the model geometry. As
time passes the need for more detail toinnel
There are several factors related to model sizeapability in specific areas necessitatadditional
that must be considered if valid data is to bealibrations. This need forms the impetus for the
obtained from a transonic wind tunnel testpresent investigation in which dateas obtained on
Depending on the particular Mach number range dfoundary-reflected disturbance lengths in the
interest for a given investigation any or all thfree Langley 16-Foot Transonic Tunnel forsharp-nosed
factors must be considered before a model is built dody of revolution at low supersonic Mach numbers.
a commitment is made to a test plan. The first is . .
model position in the test section; that ensuring The Langley 16-Foot Transonic Tunnel is a

that the model is located completely within theCloSed-circuit single-return atmospheric witgnnel
calibrated portion of the test section at all Mach that has a slotted transonic test sectwith a Mach

numbers of interest. The second is tesction Number range from 0.1 to 1.3. The test section is

blockage ratio; thatis, ensuring that themodel octagonal in shape and has longitudinal slots at the
maximum cross-sectional area/test section ast@ Wall vertices. Itis fan driven but also uses test-section

is small enough so that essentially blockage-free dap‘%enum suction for Mach numbers of 1.05 and
can be obtained at the highest subsomMach @bove. —Because of the large test-section cross-
number planned for the investigation. And théd sectional area it is possible to test small models (with
concerns model length; thas, ensuring that the less instrumention) to higher subsonic Maalmbers

model is of appropriate length to avoid impingemen{han smaller tunnels before significariilockage
of waII-reerICc):?edID disturbgnces at thgovgest effects are encountered. In addition, the latgst
supersonic Mach number of the investigation. Thgection diameter permits testing of a given model to
calibration data necessary to allow decisions to bf wer supersonic Mach numbers (closer to Mach)

made on the appropriateness of a certain sigeel an smaller slotted tunnels beforeose-originated
for an investigation is unique to each wibannel shocks are reflected by the test sectimundary and

and is often sparse or incomplete especialljPinge as disturbances on the model. As the facility
regarding shock reflection length since it depends t5@S been modified and upgraded over the years it has
een recalibrated periodically to validate and



documentits expanded capabilities. Aaoverview of

the tunnel developmental history, its capabilities, and

detailed current calibrations are contained in
reference 1. Additional tunnel calibrations are
conducted as necessary for speciéists or apart of
comparison surveys with other transonic facilities.

The present investigatiowasconducted agart

of a survey of three wind tunnels to determine the

impingement location at low supersonidach

angular location of orifices on model,
positive clockwise, deg

¢

(' model roll angle, positive clockwise, deg
Wind Tunnel
The investigation was conducted in the

Langley Research Center 16-Foofransonic

numbers of wall-reflected disturbances originating as]uUnnel which is a single-return atmospheric wind

shocks at the nose of a body of revolution. Thieer
two wind tunnels included in the survey were the
Boeing TransonicWind Tunnel (BTWT) and the
Boeing SupersonitVind Tunnel (BSWT). The nose
of the body of revolutionwas designed to have a

tunnel with continuous air exchange. Thiest
section is octagonal in shape with 15.5 feet between
the centerlines of oppositwalls (equivalent inarea

to a circle 16 feet in diameter) and has axial slots at
the wall vertices. The total width of the eight slots

geometry that would produce a shock having theln the vicinity of the model is approximately 3.7

same strength as that of a supersoniansport
configuration for which aerodynamic data was
required in the supersonic speed range belbach
1.1. The body downstream of the nogasdesigned

percent of the test section perimeter. The eight flat
segments that comprise the tunnel wall emotely
actuated and their divergence angle carclhanged
while the tunnel is operating to configure thest

to have nearly zero pressure coefficient along itsSection forits optimum calibrated flow quality at

length at a Mach number of 1.3. From thésss the
lowest supersonic Mach number could determined
at which data free of wall-reflectedlisturbance
impingement could be obtained for the specific
model in each of the three tunnels.
wall-reflected disturbances on the body of revolution
wasdetermined from the abrupt changes in pressur

measured by a closely-spaced longitudinal row of

pressure orifices. Pressure distributions on the 64
inch long body in the 16-Foot Transonic Tunnel were

obtained at Mach numbers from 0.90 to 1.25 and a

angles of attack of about -1,00°, and 10. This data
complements boundary-reflected-disturbance lengt
measurements previously made in thE6-Foot
Transonic Tunnel on bodies of revolutiowith
conical and ogive noses combined with cylindrical aft
sections (ref. 2).

Symbols

G, pressure coefficient

d local model diameter, in.

d, model base diameter, 4.605 in.

M Mach number

SRB shock reflection body

X distance measured from tip of nose aft, in.

TS tunnel station, ft

o model angle of attack (measured in vertical
plane of test section), deg

0 test section wall divergence angle, deg

Impingement of

each Mach number. To obtain Mach numbers of
1.05 and above an auxiliary system provides
suction at the outewall of the test sectioplenum

and the air removed is exhausted to the atmosphere.

The tunnel arc-sector sting-support system
ivots in the vertical plane (pivot point at 1S4.0)
n such a manner that the model remains omemxr
the test section centerline through the angle of attack
range if the model is installed in theppropriate
{ongitudinal position. A roll coupling is
ncorporated in the sting support portion of the arc
sector so that the model can be rolled alitauaxis

hof symmetry (centerline of the test section at =

0°) without shutting down the tunnel. Since the
tunnel continually exchanges airwith the
atmosphere for cooling (20% per circuit) the flow in
the freestream is subject to the dadymospheric
variations in ambient conditions. The tunnel has
been calibrated at a number of ambient genature
and humidity conditions and essentialiyniform
centerline Mach number distributions are obtained at
Mach numbers up to 1.1 by setting the testtion
walls at specific divergence angles regardless of
ambient conditions. At Mach numbers above 1.1 it
has been found that uniform centerlinglach
number distributions are obtained at specifiall
divergence angles for specific dgwint conditions.
The ranges of wall divergence angle set for the range
of Mach numbers of this investigation greesented

in table 1. Details of the tunnel historgperation,
and flow qualities are presented in reference 1.

Model

The 64-inch-long axisymmetric model was
designed to have a nose shape that produces a bow



shock of about the same strength as the nose of wary with Mach number and run time. To
realistic supersonic transport airplagenfiguration  minimize the effect of temperature variations on
of the same scale. Photographs of the body ofpressure-scanning module  accuracyknown
revolution installed in the 16 Foot Transofiannel pressures were supplied to two ports ehch

are presented in figure 1 ands longitudinal module so that the modules could be recalibrated as
location in the test section is presented in figure 2.neededwhile the tunnelwas operating. Based on
The contours of the mid- and aft-body portions of this approach the uncertainty of thmeasured

the model were designed using an iteratgehnique  pressure coefficients is estimated to#®006 at a
to have a free-air pressure coefficient of neadyo  nach number of 0.90 and0.005 at aMach
along their length at a Mach number of 1.3. The, mber of 1.2 Model anglle of attack was
nearly zero design pressure coefficient distribution ,a5sured by an accelerometer in the top of the

along the model serves as a convenient reference fqf,qqel sting support system. A correction of °0.1
the detection of the abrupt changes in pressurgasmade for test section upflow angle based on
coefficient that occur when test section wall-reflected \,,aasurements made on similar models (ref. 1). No

disturbances impinge on the model. Only a limited ¢4 rection has been made to angle of attack for any
amount of model geometric data is available forgma gting deflections that might haweccurred
publication but from that it has been determined thaty, ;e to model loads.

the initial half angle of the noseas approximately
15° and the longitudinal curvature on the forward
portion of the model resulted in a chordal haitfgle

of 548° for the forward 11.750 inches of the model.
The model had a maximum diameter at its base Of\/l
4.605 inches. Geometric details of the model, mode
sting, and the forward portion of trsting-adapter
are also shown in figure 2. The 101 tubes connecte
to the model pressure orifices exited the model bas
as a bundle (fig.1) andiererouted aft externally to
the pressure sensing modules which were in the to
portion of the tunnel support system.

Tests

The upright model ¢, = 0°) wastested in the
ach number range from 0.90 to 1.25 at amgle
of attack of O with the closely-spaced row of
ressure orifices facing the centerline of the il
gf the test section. At Mach numbers from 1.00 to
.25 the model (ap, = 0° and 90°) wasalso tested
t angles of attack of approximately <18nd 10.
t Mach numbers of 1.05, 1.15, and 1.25 thedel
was rolled (@,) in 22.5 increments to 180to

The anodized modelvas made of 2024-T3 change the orientation of the closely-spaced row of

aluminum and had a polished surface. A pressure orifices relative to the flaall segments of
longitudinal row of 86 closely-space@.02-inch  the test section periphery. The usual method of
diameter orifices were installed along the tap X setting a Mach number of 1.05 includes the
0°) of the model ¢, = 0°). Additional pressure  application of test section plenum suction to avoid
orifices were installed at angles ¢f= 9C¢°, 180, operation of the fan drive ats maximum power.

and 270 at 5 stations aft of the model nose (at x = However,the tunnel is also calibrated for Mach
10, 20, 30, 45, and 60 inches). The locations of the number of 1.05 to beet withoutplenum suction.
pressure orifices aft of the nose when the model was Therefore the availability of these twealibrated

upright in the test section are shown in table 2. methods of obtaining a Mach number of 1dl®ws
the determination of the effect of plenum suction on
Instrumentation the location of wall-reflected-disturbance

impingement on the model. Thigasdone with the

Model pressures wemmeasured on four 32- model rolled 90 with the closely-spaced row of
port electronic pressure-scanning modulesused model orifices directed toward the centerline of the

in the sting-support portion of the arc sector. The side wall of the test sectio_n. It is on this side' of j[he
module transducers had a full-scale differential tunnel (at abouB0®) at which the plenum suction is

pressure range afl5 psi and themanufacturer’'s applied through ~a 10 foot diameteopening

) (butterfly valve).
quoted worst case static accuracy w8sl0 percent
of full scale. An additional installation effect on Since this investigatiowasdirectly related to a
model pressure measurements results from thetest of a supersonic transport configuration in the
sensitivity of the pressure-scanning modules to 16-Foot Transonic Tunnel and the modebse
temperature. The modulesere housed in the  geometry represented that of thairplane
sting-support portion of the tunnel arc sector which configuration itwasdecided to further replicate the
is within the freestream flow environment. Since flow field on the nose of the airplane model by
the tunnel cooling is dependent on a&xchange duplicating the artificially fixed boundary layer
with the atmosphere, freestream temperature is atransition location selected for the airplangodel.
function of atmosphereic conditions amdll also The transition fixing strip was located 1.0 inch aft of



the tip of the nose and consisted of0&05-inch
high row of 0.05-inch diameter disks spac@dl-

about 4 inches. At supersonic Mach numbers up to
1.20 there appears to be impingement on the model

inch apart around the body. Based on the maximunof compression avesthat are a reflection of the
diameter of the model, which is at the base, theexpansion wvesthat occurred over the forward

blockage ratio of the model in the tesection
(maximum model cross-sectionarea/testsection

portion of the model as the flow recovered to
freestream conditions. This effewls seen in the

cross-sectional area) is 0.000575. This indicates thatlata of references 2 and 4 for the expansion flow at

subsonic data for this model should be free of
blockage effects up to a Mach number of O(®&f.
1).

Presentation of Results

The results of this investigation apresented
graphically as variations of pressure coefficient with
model length in figures 3 through 7. The data are
generally plotted against the length x so that the
dimensional location of boundary-reflected-
disturbance impingement on the model can be
determined directly. As a reference for the
pressure distributions a dashed outline of bioely
shape is included along the x-axis in each plot. An
example of the sensitivity of thepressure
coefficient on either side of theeflected-shock
impingement point on the model to tunndach
number setting at low supersonic Mach numbers is
presented in figure 8.

A comparison of the experimental pressure
coefficient distribution measured along theodel
at Mach number 1.25 with that calculated using the
Boeing Company’s computational fluidynamics
program TRANAIR is reproduced from reference 3
as figure 9. The nose shock reflection-freedel
lengths determined from the present investigation
combined with the cone- and ogive-cylinder
reflection-free lengths determined from previous
16-Foot Transonic Tunnel investigations (refs. 1
and 2) are presented in figure 10.

Discussion of Results

Pressure Coefficient Distributions ata = 0°

The pressure coefficient distributionalong
and around the body at®°Gngle of attack are
presented in figure 3. These data indicate that the
model was alignedvith the flow and on th@éunnel
centerline in that pressures@t 0°, 9¢°, 18C°, and
270¢ at five model stations are within the range of
the uncertainty of the pressure measurements. At
Mach numbers from 0.90 to 0.98 the pressure
coefficient distributions indicate that pressure on

the corners of cone cylinders and is discussed in
reference 4. Thiswill be discussed later in the
section entitled Boundary-Reflected Disturbance
Lengths.

As the test Mach number increased and
approached the body design Mach number of 1.3
(design G = 0), the pressure distributionecame
flatter ahead of thé@oundary-reflectechoseshock
impingement point, the location of whickill be
discussed later. There is a pressure incressy
the base of the body at all Mach numbers below
1.20 that is associated with the flow over thedel
base and is perhaps also affected by praximity
of the sting flare and the bluntness of the sting-
adapter (see figs. 1 and 2However,the absence
of flow field visualization data andpressure
measurements in the model base and stimnga
prevents making any conclusions on tinfluence
of the sting flare and the blunsting-adapter.
Experience has shown that it is good practice in
transonic wind tunnel testing to design thmdel
installation to minimize the effect of thenodel
support hardware on the aft portion of thedel
whenever possible. In general terms thisually
consists of having a sting-to-model badiameter
ratio of about 0.5with a constant stingdiameter
section approximately 5 model base diametersy
followed by a total sting-flare half-angle déss
than 8. These criteria are considered to be
reasonable to prevent pressurization of the aft
portion of the model by the flow field of the
support system and also of assuring tbBhbcks
created by the support system avell aft of the
base region of the model. Based on the
aforementioned‘rule-of-thumb” criteria the sting
support system of the present investigation would
fail to meet the constant sting diametdngth
requirement. However there should be no effect on
reflected-shock impingement points until thkach
number is large enough for the impingememutnt
to approach the model base. More detailed
information on the criteria pertinent to sting
interference at the model base is contained
references 5 and 6.

in

In order to obtain pressure distributiomsth

the nose recovers to essentially freestream statiCthe closely spaced row of model orifices dther

pressure (C= 0) without overexpansionHowever,

at a Mach number of 1.00 there is an
overexpansion on the forward portion of tmedel
that recovers to stream conditions over a length of

than the vertical plane, the modsésrolled about
its centerline at Dangle of attack at Machumbers
from 1.00 to 1.25 (fig.4). This data indicates that
there was no significant effect of modelroll



orientation on the pressure distributions even when
the row of pressuresvas in the plane of the
centerlines of two opposite test section slags €
22.5°). The apparent effects of body roll angle on
the pressure distributions at some of the lower
supersonic Mach numbers are attributable to small
differences in Mach number setting at some of the
roll angles. This effect of small differences fiee
stream Mach number is illustrated in figudga)
where at@, = 0° data was obtained atMach
numbers of 1.030 and 1.032. If the solid circles
are compared to the opetircles, aconsiderable
difference in pressure distributions is evident.
However if the pressures @f = 22.5 which were
obtained at a Mach number of 1.033 ammpared

to the solid symbols, it can be seen that they are
nearly identical.

A graphical representation of the sensitivity of
reflected-shock impingement location to small
variations in Mach number at low supersoMach
numbers is presented in figure 8 for tiMach
number 1.05 data of figure 4(b) usingreatly
exaggerated scales. At this nominal Maamber
setting, pressure distributions were obtained at°22.5
model roll angle increments betweeh @nd 180.
However, agoll angle waschanged Machumber
varied slightly within the accepted settibgierance
range of tunnel parameters. This allowed the
selection of two orifices in the stegmmpression
and expansion portions of the flowfield
downstream of the impingement point to illustrate
graphically the movement of thémpingement
point. As can be seen in figure 8 by tbpposite
nearly linear trends of pressures measured at the
two locations, the variation in impingemepbint
resulting from model roll angle (fig. 4(b)) is caused
by the small variations in Mach number.

Effect of Plenum Suction at Mach Number
1.05

The wind tunnel is calibrated to obtainMach
number of 1.05with and without the use of test
section plenum suction system. When this system is
used, air is removed from the plenum by
compressor and there is a flow of test-section
boundary-layer air through the slots into the
plenum to replace air that is being exhausted to the
atmosphere. These two methods of settingazh
number of 1.05wereincluded in the test plan to
determine if test section air removtirough the
slots affected the test sectidsoundary-reflected-
disturbance characteristics. Dat@s obtained at
angles of attack of -9230°, and 10.9 and is shown
in figure 5. Therewas no discernable effect of
plenum suction at®angle of attack on the pressure
distribution and the small effects on theundary-
reflected-disturbance impingement point on the

body at angle of attack are once again attributable
to the small differences in Mach numbshnown in
the figure keys.

Pressure Coefficient Distribution at Angle of
Attack

Angle of attack effects on the body pressure
distributions in the supersonic Mach numbrange
are shown in figures 6 and 7 for the bodyented
at@, = 0° and90°. With the closely spaced row of
pressure orifices on the top of the model (fig. 6)
angle of attack affected the pressures as would be
expected. Thatis, at negative angle of attack
(orifice row on the windward side) the bashock
affecting the top row of pressuregsstronger and
therefore a steeper recovery occurrethen the
closely-spaced row of pressure orificeas on the
side of the model (fig. 7) angle of attack in effect
put them in a cross flow. In this case ti&erence
between the most forward pressure on the nose and
the flatter pressure distribution on tineid-portion
of the model at angle of attaskasabout the same
as at 0 angle of attack. Thais, the shape of the
pressure distribution curves were the same at all 3
angles of attack; but the curves wedesplaced.
Despite the fact that the tip of the nose moved off
the test section centerline at angle of attack the
impingement  point  for boundary-reflected
disturbances stayed essentially the same as’ at 0
angle of attack (figs. 6 and 7) because the base of
the model moved off the centerline in tbhpposite
direction since the center of rotation for angle of
attack was approximately at the midpoint of the
model (fig. 2).

Boundary-Reflected Disturbance Lengths

Most of the pressure distributions of figure 3
for supersonic speeds show the impingement of two
major disturbances on the model. Th@stream
disturbance impingement point is believed to be
caused by the reflection from the tunnehll of
expansion avesgenerated by the contour of the
forebody. In reference 2 iwasconcluded from

& tunnel wall presssure measurements tleapansion

wavesfrom the corner formed by the intersection
of the conical nosevith the cylindrical afterbody
were reflected back to the model for modeésving

a blockage ratio of 0.00098 or greater but not for a
model having a blockage ratio of 0.000062. Since
no tunnelwall pressures wereecorded during the
present investigation and the model blockage ratio
was 0.000575 it isnot possible to know if the
expansion aves reached the tunnel walls.
However, based on the pressure distributions it
appears likely that the expansionawes were
reflected back to the model as compressimves



(see also ref. 4). This expansion field is peculiar to any wall boundary layer effect) at theappropriate
model geometry downstream of the nose and its shock or Mach angle to determine whettibey
strength is related to model size. Therefore, since pass close to or over any model components.
the subject of this paper concernsoundary ) ) )
reflected disturbance lengths for shoaksnerated Bodies having noses that are not shajt

by the model nose only those lengths are discussedhave  quite  different reflected-disturbance
and presented in figure 10. impingement lengths in that the nose shedk be

stronger. Itwill stand ahead of (i.e. beéetached

The pressure distributions forsupersonic from) the tip of the nose to higher Mach numbers,
speeds of figure 3vereexamined to determine the and will not bend over to the appropriatdach
X location of the start of the pressure rise from the angle until further from the centerline of the
boundary-reflected disturbance impingement of the tunnel. In all cases the impingement lengths for
nose shock. Determination of the location of this non-pointed bodieswill be shorter andwill be
point below a Mach number of 1.08vas not greatly dependent on nose/forebody shape. Pre-test
possible but became evident as Mach number wasestimation of non-pointed-body reflection-free
increased above 1.03. The weak strength and Machlengths for model sizing and test matfanning
angle of the nose shock at the Mach numbers belowpurposes is more uncertain since most tunnels have
1.03 were not conducive to determination of an very limited calibration data bases for this type of
impingement point in the pressure model geometry. Some early work on the
recovery/expansiorwave area occurring over the estimation of detached shock-wavetand-off
forward portion of the model. The reflected- distances from the noses of bodies is reported in
disturbance impingement lengths for theose- references 7 through 9. Unless it is clearly evident
originated shocks are presented in figureal@ng from estimates that there is no possibility sbfock
with the relevant data from references 1 and 2. impingement within the planned test matrix,
Reflected-disturbance length data from tharent physical verification of the Ilocation of the
investigation ends at a Mach number of 1.08 due to reflected-disturbance impingement point by means
the limited length of the model and the influence of of pressure data or flow field visualization is
the flow field around the model base amdpport recommended.
system on the pressures sensed by the last 3
orifices. However,the nearly linear trends of this Concluding Remarks
data and the trends obtainadth longer bodies in
references 1 and 2 indicate that, if requiredme
extrapolation for longer models at highédach
numbers can be done with confidence.

An investigation has been conducted in the
Langley 16-Foot Transonic Tunnel wetermine
boundary-reflected-disturbancelengths at low
supersonic  Mach numbers. A pressure
instrumented body of revolution that hadnase
designed to produce a bow shock and flbeld
similar to that about the nose of supersonic
transport configuratiorwasused so that théowest
reflection-free supersonic Mach number could be
determined. Test variables included Maohmber
(0.90 to 1.25), model angle of attagkominally
-10°, 0°, and10), and model roll angle.

The initial half angle of the model nose is
about 18 with local half angle decreasing
continuously with length due to thenon-conical
model shape such that at x = 11.375 in. ¢cherdal
half angle (tan (d/2)/x) is 5.48. The trend of
boundary-reflected disturbance length fdhis
investigation shown in figure 10 &pproximately
alignedwith the 10 half angle cone-cylinder data
of figure 10 (model 1) indicating that thefluence
of the initial nose half angle onreflected- Results showed that the body, which had a
disturbance length is lessened considerably whenb|ockage ratio  of 0.000575, experienced
the pointed nose is not conical. In utilizing the data interference associatedith the reflection of the
of figure 10 for a planned model installation, it expansion field generated by the forwavdrtion
should be remembered that the wing and tail spansof the model at the lower supersoniMach
of a model, and model displacement from the pnumbers. The model lengths that would be free of
centerline at angle of attack, need todwmsidered  the bow-shock boundary-reflected disturbance were
since the boundary-reflected disturbances may determined at Mach numbers from 1.03 1d)8.
impinge on model components andtill be When conpared to bow-shock reflection lengths
downstream of the fuselage base at the centerline ofpreviously obtained on cone-cylinder bodies, it was
the tunnel. The effect of model geometry can be found that the effect of the large nose initial-half-

estimated by making a scaled layout of thedel
in the test section and using the tip of thedel
nose and the impingement length of figure 10 to
draw lines back to a point on theall (this neglects

angle (approximately P% on reflection-fredength
waslessened by the continuously decreasing local
body half angle downstream of the nose. The
variation of reflection-free lengthwith Mach



number was fairly linear and showed essentially the 8.

same trend as cone-cylinder data. Model angle of
attack did not affect thereflected-disturbance
impingement point on the model since the center of
rotation for angle of attaclvas approximately the
midpoint of the model. When the mod&hsrolled

to direct the closely-spaced row of pressure orifices
towards a test section slot no differencepnessure
distributions was observed. Mach number 1.05 was
set with and without the use of test sectmanum
suction and it was found that flow removal from the
test section through the slots did natffect
boundary conditions enough to be evident in
reflection-free model lengths.

NASA Langley Research Center
Hampton,VA 23681-2199
October 1998
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Table 1. Test Section Wall Divergence Angles Set for the Data Presented

M 0, deg
0.90 4.9
0.92 6.2
0.94 8.0
0.96 10.3
0.98 13.2
1.00 14.2
1.02 9.6
1.03 8.6
1.04 7.3
1.05 6.0
1.06 5.0
1.08 4.0
1.10 1.0
1.15 17.8 or 18.7
1.20 7.6 or 8.7
1.25 14.0 or 15.5




Table 2. Shock Reflection Body Pressure Orifice Locations

@, deg @ de

X, in. 0 90 180 270 X, in. 90 180 270
4.0 . 25.5

4.5 . 26.0

5.0 . 26.5

5.5 . 27.0

6.0 . 27.5

6.5 . 28.0

7.0 . 28.5

8.5 . 29.0

8.0 . 29.5

8.5 . 30.0 . . .
9.0 . 31.0

9.5 . 32.0

10.0 . . . . 33.0

10.5 . 34.0

11.0 . 35.0

11.5 . 36.0

12.0 . 37.0

12.5 . 38.0

13.0 . 39.0

13.5 . 40.0

14.0 . 41.0

14.5 . 42.0

15.0 . 43.0

15.5 . 44.0

16.0 . 45.0 . . .
16.5 . 46.0

17.0 . 47.0

17.5 . 48.0

18.0 . 49.0

18.5 . 50.0

19.0 . 51.0

19.5 . 52.0

20.0 . . . . 53.0

20.5 . 54.0

21.0 . 55.0

21.5 . 56.0

22.0 . 57.0

22.5 . 58.0

23.0 . 59.0

23.5 . 60.0 . . .
24.0 . 61.0

24.5 . 62.0

25.0 . 63.0
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(a) Model and arc sector support system.

Figure 1. Photographs showing the body of revolution, model support system and the test
section of the 16-Foot Transonic Tunnel.
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Figure 2. Sketch of model showing its longitudinal location in the tunnel test section.
Dimensions are in inches except for tunnel stations (TS) which are in feet.
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Figure 3. Pressure distributions on the body at subsonic and supersonic
Mach numbers for a = 0° and ¢, = 0°.
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Figure 4. Effect of model roll angle on pressure distributions measured by
closely spaced longitudinal row of orifices, a = 0°.
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Figure 5. Pressure distributions on the body at a Mach number of 1.05
with test section plenum suction on and off, ¢,, = 90°. (Open
symbols indicate that test section plenum suction is being applied

and solid symbols indicate plenum suction is off.)
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Figure 6. Effect of angle of attack on body pressure distributions measured
with the closely spaced longitudinal row of orifices on top of the model, ¢,,= 0°.
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Figure 7. Effect of angle of attack on body pressure distributions measured with
the closely spaced longitudinal row of orifices on the side of the model, @, = 90°.
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Model Length, in. Nose half angle, deg Location Reference
o) 1 96.0 10 Centerline 2
m| 2 96.0 20 Centerline 2
<& 3 96.0 Ogive Centerline 2
A 5 60.0 10 Centerline 2
N 9 100.3 14 Centerline 2
D 21 720 14 +22in. off centerline  Unpublished
a] 22 96.0 14 +22in. off centerline  Unpublished
L] SRB 64.0 - Centerline Current
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Figure 10. Boundary-reflected-disturbance lengths measured in the
Langley 16-Foot Transonic Tunnel for nose originated shocks.

37



